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ANALYSIS OF LIMITATIONS IMPOSED ON ONE-SPOOL TURBOJET-ENGINE DESIGNS BY
COMPRESSORS AND TURBINES AT FLIGHT MACH NUMBERS OF O, 2.0, AND 2.8

By Richard H. Cavicchi and Robert E., English

SUMMARY

A design-point analysis of one-spool turbojet engines was made to
determine the relstions among engine, compressor, and turbine design
parameters in order to ascertaln the primary limitetions on turbojet-
engine design. In particular, the snalysis is used to reveal the
manner in which the design problem is affected by variations in flight
Mach number. Sea-level operation and flight at Msch numbers of 2.0
and 2.8 in the stratosphere are considered.

The results of this analysis show that compressor aerodynamice is
a primary constraint only for design-polnt operatlion under static sea-
level conditions. For all three flight conditlons considered, turbine
aerodynamics is ecritlcal for one-stage turblines; whereas, it is critical
for two-stage turbines only at the 2.8 flight Mach number in the strato-
sphere. For flight at 2.0 Mach number in the stratosphere, turbine blede
centrifugal stress for both one- and two-stage turbines becomes a limit-
ing factor, and it is a primary constraint for Mach 2.8 engine designs.
At the 2.8 flight Mach number, the compressor that can be driven by a
two-stage turbine can be so conservative as to possess high potential
for equivalent overspeed capacity. Such a characteristic should prove
useful in providing good low flight Mach number operation of constant-
geometry engines. Raising turbine rotor-inlet relative Mach number
from 0.8 to 1.0 in one-stage turbines designed for 2.8 flight Mach
nunber yields increases up to 8 percent in weight-flow capacity, pro-
vided the turbine efficiency does not deteriorate.

INTRODUCTION

In the process of turbojet-engine design, the interdependence of
the engine components makes difficult the problem of selecting, for a
set of design factors, values that effectively utilize all the com-
ponents, ITf, for example, selection of rotational s rpeed to yield a
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good compressor design 1s not tempered by a simultaneous consideration
of the effect of rotational speed on turbine design, a large or multi-
stage turbine critical in aserodynamic design may be required. Such a
possibility can be avolded by selecting a series of values for design
factors and, for each set of values, investigatling the design of each
component. From a complilation of such design information, a satis-
factory design condition can then be selected.

An analysis relating these factors has been developed at the NACA
Lewis laboratory. This design-point analysis of one-spool turboJet
engines reletes the following factors:

(1) Engine design parasmeters:

Flight Mach number and altitude
Engine temperature ratio
Compressor pressure ratio

(2) Compressor design parameters:

Compressor-inlet relative Mach number (assuming nc inlet guide
vanes) .

Compressor equivalent blaede tip speed

Centrifugal stress in first row of compressor rotor blades

(3) Turbine design parameters:

Aerodynamlc design limits

Centrifugal stress in turbine rotor blades

Turbine hub-tip radius ratio

Equivalent weight flow per unit turbine frontal area

This report has as its goals (1) to present the method of analysis,
(2) to present design charts for several applications, and (3) to in-
vestigate the primary limitations on turbojet-engine design and, in
particular, to show the manner in which the design problem is affected
by the increase in compressor-inlet temperature resulting from an
increase in f£light Mach number. '

The analysis developed hereln is presented in the form of design-
point charts, two sets for compressors and one set for turblnes. Be-
cause full-scale compressors have been successfully operated with rotor-
inlet relative Mach numbers as high as 1.2, thls value 1s accepted herein
as a limit. Compressor-iniet relstive Mach numbers up to 1.4 are con-
sidered, however, because reference 1 reports that high efficlency has
been obtalned experimentally at this Mach number in a one-stage compres-
sor without 1nlet gulde vanes. Engine tempersture ratios from 2.0 to
4.0 and flight condlitions ranging from a flight Mach number of O at sea
level to 2.8 in the stratosphere are considered. Both one-stage and two-
stage turbines are investigated. The term "conservative" is applied to
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turbines limited by 0.6 relative Mach number at the rotor inlet; the
term "high-output” is applied to turbines limited by 0.8 and by 1.0
relative Mach numbers at the rotor inlet.

Because preselected zerodynamic limits were used in preparation of
the turbine charts, the resulits obtained herein represent extremes, or
outer bounds, for this range of turbojet-engine designs. The compli-
cation introduced by the requirements of off-design operation is not
considered.

ANALYSTIS ANP CONSTRUCTION OF CHARTS

The present analysis is formulated sround a certain parameter
wU%/AtSiq/ei, herein dubbed parameter e, which is of grest utility in

relating compressors and turbines. The symbols used are listed in
appendix A. Parsmeters e for compressors and turbines are as follows:

2 Prl 2
WCU£ c vo¥'rE ¢ wow
Compressor: = =

A,834/83 % BiV6]  mdia/6]

(1)
2 2
WTUt,T _ W'TQ)Z I't iy _ WTCOZ

ATSi:\/G_' :crz ai,\/_r :cafl,\/é{

Pigure 1 shows the location of the numerical stations in the engline.

Turbine:

Because compressor and turbine weight flows bear the relation

.

= (1+fz) (1~b)wg (2)

parameters e for compressors and turbines sre related by

2 2
WrnU: WwAU.
T (14g) (1-D) LBl (3)

ATS 4/9’ SiA/Gi

For a specified fuel-air ratio fz and compressor bleed b, parameters

e Tor compressors asnd turbines are related by a constant factor. If
the fuel-air ratio and bleed are small, little error is made in assum-
ing that parameters e for compressors apd turbines are equal.

Inasnmuch as the results of references 2 and 3 are extended and
supplemented to form the present analysis, the same assumptions used in
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those references are again applied. " These assumptions are reviewed
in appendix B along with & list of constants.

Compressor Charts

Parameter e, from the standpolnt of the compressor, is simply
the product of compressor equivalent welght flow per unit compressor
frontal aree, hereafter called equivalent specific air flow and denoted

by wcg/ei/ACSi, and the square of compressor equivalent blade tip

speed (Ut,c/q/ei)z. In the entire compressor analysls presented herein,

it 1s assumed that the compressors have no inlet guide vanes. With this
assumption, the equation developed for perameter e in appendix C is
e

Loy

L ‘5 .
Y\ [z _ (¥
=A_Z§—I'1L%L%1- = 2116 4/518.7 /R(rg)> <a)l[Mi~ (azgl l} i C—:):]

(c11)

and is plotted in figure 2 by assuming a range of values of (V/a)y. In
this chart, perameter e (w A S'\/G') is plotted against compressor

equivalent blade tip speed U£ C/q/ei for three values of compressor
2

rotor-inlet relative Mach number M; and two values of compressor hub-

tip radius ratio (ry/ri)c.

The dotted line in figure 2 jJoins the maximum polnts of the curves
of constant compressor rotor-inlet relative Mach number. Maximum
parameter e for a given Mach mimber corresponds toc minimum Mach
nunmber for & given parameter e. The dotted line, therefore, is the
locus of minimum values of compressor rotor-inlet relative Mach number
for glven values of parameter e. For variocus limits on compressor
rotor-inlet relative Mach number M;, along this dotted line com-

pressors may be designed with maximum values of e. Compressor rotor-
inlet relative Mach number could be reduced by turning .the entering
flow in the directlon of rotor rotation by means of inlet guide vanes
and thereby producing smaller values of inlet relative tangential
velocity.
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An additional abscissa scale is presented in figure 2 showing the
level of compressor centrifugsel blade stress. The parameter cc/ei

can be thought of as an equivalent blade centrifugal stress. This
paraemeter was calculated from the relation

oc  Teig (Ut,c)z rp\°
6] ~ 2g(144) q/ei , t- (;E)C (&)

which is derived from equation (8) of reference 4.

In order to obtain accurate values of the various compressor pa-
rameters at the peaks of the Mach number curves in figure 2, the ex-
pression for parameter e has been differentiated with respect to
compressor-inlet Mach number (V/a); =nd set equal to zero in appendix D.

The term "maximized parsmeter e" refers to values of parameter e resd
from the dotted line of figure 2. The followlng eguatlion was derived
for compressor-inlet Mach number for maximized parameter e:

(2B [+ = - ok = 97 - o] )

Maximized parameter e can be calculated by substitution of equa-
tion (D5) into equation {(CI1l1).

The corresponding equivalent specific air flow for.meximized
parameter e is

W, : (g) L \2
S - e NE o [ ()] o
2]

where (V/a); 1s specified by equation (D5). Likewise, the compressor
equivalent blade tip speed for meximized parameter e 1is

.

(cs)

(v/a); egain being determined by equation (D5).
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Figure 3 consists.entirely of plots of compressor parametere for
maximized parameter e. In Ffigures 3(a) and (b), maximized parameter

14 1] il 4 ?
e (wc £, C A 8 '\/9 ) and equivalent specific air flow wcq/ Sl/ACBl
are plotted against compressor rotor-inlet relative Mach number M;
for two values of compressor hub~tip radius ratio (rh/rt)c. In fig-

ure 3(c), compressor equivalent blade tip speed Ut,c/qlei and

compresgor-inlet Mach number (V/a) ~are plotted against M;. As in
figure 2, the compressor-inlet velocity weasg assumed axlal; that is,
the compressors were assumed to have no inlet guide vanes.

Turbine Charts
By continulty and stress conslderations in the turbine, the follow-
ing equation for parameter e is derived in sppendix E:

/
y',,

2
Vel T _ 2116 o0 2kg (0" ) -
ABiNGy  A51B.7 (1)K \elagr/, o ATV

E_
l/ po1 o E L
(pé)‘" L 4
hoyad 1 L
1 . X k-1, Pi. EE E_
¥-I & Umg p] P;
Myl 71
TCT (E9)
L
— y-1 ]2
P!
p—z')"'“ M m ¥
A § k-1 1 -3
-1 & TZ 7
Tl et
i cT |
2
i

Equation (E9) shows that, for a given turbine blade centrifugal stress
Op, parameter e 1is a function of 9', compressor pressure ratio

pg/pl, engine temperature ratio T3/T , and turbine-exit specific-

welght-flow parsmeter (pV /p ) 5 if compressor and turbipne adiabatic

%er 7,m

slag
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efficienclies are assumed constant. But for the varisble Gi, which is

a function of flight Mach number and altitude, the entire analysis pre-
sented herein could be .presented independent of flight conditions. The
analysis, however, can be generalized to aspply to all flight conditions
if equivalent turbine blade centrifugel stress UT/Gi be considered as

an independent variable in equation (ES). The relation between parameter
e and turbine blade centrifugal stress 1s thus Independent of the tur-
bine design (e.g., number of stages or aerodynamic limits), except for
the turbine-exit specific-weight-flow parameter (pVx/p‘aér)7,m. A value
of 0.448 weas assumed for this parameter for all the conservative turbines
considered, that 1s, for turbines designed with an exit axlal-velocity
ratio (Vy/al.)7 of 0.5. This value of 0.448 was determined from the
relation

1

k-1
PVx _ k-1 /[ v \2 Vx (5)
pia’ =1t - ==l al
er/7,m cr/7, er/ 7 .

neglecting exit tangential velocity ratio (Vﬁ/aér)7 m A1l such con-
2

servative turbines consldered in the present anslysis are two-stage de-
signs. For all the one-stage turbines and the high-output two-stage
turbines considered herein, a value of 0.562 was assumed for the param-
eter (pVx/p'aér)7’m. This value was obtained from equation (5) by again

neglecting (Vu/aér)7,m and using a value of 0.7 for (V,/al.);.

The turbine charts (fig. 4) consist of design performance maps of
one- and two-stage turbines. These charts are constructed for three
selected flight conditions: sea-level static, and 2.0 and 2.8 flight
Mach numbers in the stratosphere. In all the turbline charts presented,
equation (E9) was used to plot parameter e, “TU%,T/ATaiﬂfgi’ against

compressor pressure ratio pé/pi with lines of constant turbine blade
centrifugal stress op for selected values of flight Mach number M,
and engline temperature ratio Tg/Ti. The discontinulties in the turbine

blade centrifugal-stress curves in figures 4(a), (d), and (e) occur be-
cause the one-stage turbines are high-output designs, whereas the two-
stage turbines are conservative designe. The blade centrifugal-stress
curves of the conservative two-stage turbines are lowered relative to
those of the one-stage turbines by the ratio of 0.448/0.562 (eq. (E9)).
The charts of figure 4 can be made to apply to any particular £light
condition if the values of stress as shown on the chart are multiplied
by the ratio of 6] for the chart flight condition (o, 2.0, or 2.8

£1light Mach number) to Gi for the particular flight condition.

The turbine charts were completed by the addition of llnes of
constant turbine-limited specific weight flow, which is the terminology

to be used herein for wp4A/6{/Apd{, and turbine hub-tip radius ratio
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(rh/rt)T. These lines were obtained from the data presented 1n ref-

erences 2 and 3. In these charts, regions to the left spply to one~
stage turbines, and those to the right, to two-stage turbines.

A straight annulus was used in the calculations for all one-stage
turbine designs presented herein. For the two-stage turbines, an isen-
trople annular area ratio of 1.0 was assumed for each rotor blade row in
order to simplify the calculations. As a consequence of this arbitrary
assumption for lsentroplc annulaer area ratio, divergences in actual
annular area occur across each rotor blade row. These divergences are

as follows:
J(eg - 84)
el - T

%
Ay

and

cl

o [J(s7 - 56)]
Rs ~CFLT R

Table I summarizes the engine parameters and turbine serodynamic
parsmeters selected for presentation 1n the fturbine charts. Except for
the turbine blade centrifugal-stress lines, charts having the same en-
gine temperature ratio and turbine aerodynamic parameters are identical.
The values of engine temperature ratlio were selected to give turbine-
inlet temperatur356 at the flight Mach numbers considered, of approxi-
mately 2000°, 2500°, and 3000° R. The turbine charts can be applied to
any Mach number desired with approprlate revision of the turbine blade
centrifugal-stress curves (see eq. (E9)).

GENERAL CONSIDERATIONS IN ENGINE DESIGN

Before making a detailed examinetion of particuler points on the
turbine charts, it 1s desirseble to consider some general characteristics
of the curves presented. A conslderation of desirable englne features
will eliminate certain regions of the turbine charts.

Turbine-Stress Curves

The pesks of the stress curves on the turbine charts represent
(1) meximum equivalent weight flow per unit turbine annulaer area, (2)
maximim equivalent weight flow per unit afterburner frontal area for a
given afterburner-inlet Mach number, and (3) minimum turbine blade
centrifugal stress for a given compressor-inlet relative Mach number

3275
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and compressor equivalent blade tip speed. These three items, which
hold true for any given flight Mach number, altitude, and engine tem-
perature ratio, are explained as follows.

(1) Maximum equivalent weight flow per unit turbine annulsr area. -
Equation (E3) shows that, for any given turbine blade centrifugal stress,
under the conditions enumerated previously & maximum parsmeter e corre-

sponds to & maximm value of p%/\/T%. Division of equation (E2) by

the factor l} - (rh/rt)él yielas equivalent welght flow per unit
turbine anmlar area WT1/6i/A78i and shows that this parameter is

directly proportional to p%/1/T%.

(2) Maximum equivalent weight flow per unit afterburner frontal
area. - That peaks on the turbine-stress curves correspond to this item,
for the engine conditions that are assumed constant, is revealed by con-
sidering the continuity equation at the afterburner inlet. The welght
flow at the afterburner inlet is

Wg = PgVghy

which, when expanded, becomes
k]
2(k-1) pt 1
z] Py Pj

NCH
B EO L@ Rl
401 518.7 8 8 Py [T} g P1

(8)

In equation (6), T4 equals T4, and the ratio pé/p% can be assumed
constant. For a given afterburner-inlet Mach mmmber (V/a)g, therefore,
equivalent weight flow per unit afterburner frontal area is proportional

to p%/q/ %, which, in turn, is proportional to parameter e in accord-
ance with equation (E3).

(3) Minimum turbine stress for given compressor-inlet relative Mach
number and eguivalent blade tip speed. -~ A given compressor-inlet rela-
tive Maech number aend equivalent blade tip speed specify a value of
parameter e (fig. 2). TItem (3) then becomes apparent by observing in
figure 4 that the minimum turbine blade centrifugel stress for & par-
ticuler value of parameter e nmust be that stress line which peaks at
the particular parameter e.
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Compressor Pressure Ratio for Minimmm Specific Fuel
Consumption for Afterburning Engines

In all the turbine charts, each of which is constructed for a
constant value of turbine-inlet temperature, the point of minimum
specific fuel consumption for afterburning engines with a given
afterburner-exit temperature lies slightly to the left of the stress-
curve peaks. Specific fuel consumptlion, assuming complete expansion
in the exhaust nozzle, 1s

3600g(f5+f9)
sfc = (7)
where
k-1
k
k Po
V1o = Gy 4[28R &1 T 1*(53) @)
and
po _Po B3 PL P (©)
LTt S Rt BT or T
Pg Py Py P7 P |
and Té is the afterburner-exit temperature. The first two pressure

ratios on the right side of equation (9) are functions of the flight
Mach number and inlet performance. The ratio p;/pé ls assumed con-

stant as compressor pressure ratio is varied. For a given afterburner-
exlt tempereture, a maximum value for the ratio p%/pi corresponde to

8 maximm velue of V45 by equation (8), and in turn to a minimum value

of sfc by equation (7). The value of compressor pressure ratio
pé/pi corresponding to a maximum value of p%/pi was determined by

plotting p%/pi against pé/pi and noting the value of pé/pi at
which p%/pi peaks. The ratio p%/pi can be expressed

L L2 Ce (E5)
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in which p;/pé is given by equation (E8) and Pé/Pé is assumed con-

stant., Table IT lists for a given afterburner-exit tempersture the
compressor pressure ratios corresponding to minimum specific fuel con-
sumption for each engine temperature ratio presented in the turbine
charts (fig. 4). These compressor pressure ratios are designated

by arrows on the turbine charts.

Considerations of Engine Component Sizes

The component of an engine that limits englne frontal area should
receive special attention towards reducing its frontal area, especilally
for engines mounted in a nacelle. In the design of those components not
limiting engine frontal area, the frontal areas are less important; this
fact permits emphasis of other desireble characteristics in these par-
ticular components. For example, in the event that compressor size is
not limiting, it might be desirable to increase compressor frontal area
in the interest of enhancing the off-design operation. The special
attention devoted to the frontal area of the limiting component might
affect the choice of values for other engine design variables.

Reductions of component frontal areas are brought about by in-
creases in component specific weight Plows. The engine component equiv-
alent weight flows per unit component frontal aree have the following
trends with increasing compressor pressure ratio: (1) that of the
primary combustor increases (for a given equivalent specific air flow and
combustor-inlet Mach number); (2) that of the turbine decreases (as shown
in fig. 4); and (3) that of the afterburner increases to a maximum at
the peak of a stress curve in figure 4 and then decreases as compressor
pressure ratio increases further. Figure 4, therefore, since it also
presents compressor pressure ratic as one of its parameters, indicates
the general direction that a change in engine design variables should
take to effect & reduction in the frontel area of & component limiting
nacelle frontal area.

Furthermore, on the turbine charts a line of constant hub-tlp
radius rstio corresponds to a constant ratico of afterburner-to-turbine

frontal area for a given afterburner-inlet Mach number. This fact can
be shown as follows:

(¥ )7 ,m A'7 (pVx 8,m AA

which can be written
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PVx Tn pg [ AVx Ap
o) [ - —)2]5— o) A (20)
cr 7,m t T 7 cr 8,!!1

On a given turbine chart, (dvx/p'aér)7 o has a value of either 0.448 or
2

0.562, depending upon whether the turbine designs are conservative or
high-output. The parameter (pvx/p'aér)s n 1s a function of afterburner-
2

inlet Mach number by

k+1

]"a"(k_-l')'

(ﬁ‘&c_) =4/:}.<Y£> 1+§-_a<y_)2
p'aly 8,m 2 \a/gmnm 2/8,m

For an afterburner-inlet Mach number of 0.25 (500 ft/sec afterburner-
inlet velocity at 1766° R stagnation temp.), a value of 0.98 for pé/p%,

and wherever on the turbine charts (pVx/p‘aér)7 - has a value of 0.562,
3

& turbine hub-tip radius retico value of 0.74 corresponds to equal tur-
bine snd afterburner frontal aress. On the turbine charts to the right
of such & hub-tip radius-ratio line (values exceeding 0.74), turbine
frontal area 1s greater then afterburner frontal area.

(11)

The turbine cherts for £flight Mach numbers of 2.0 and 2.8 in the
stratosphere (figs. 4(b) to (1)) show that one-stage turbines have low
welght-flow capacity at a 30,000-pound-~per-square-inch turbine stress.
Whereas these turbine-limited specific welght flows are of the order of
20 1v/(sec)(sq ft), the equivalent specific air flows of the compressor,
at the game parameter e, can be considersbly higher. Such a difference
in relative sizes of compressor and turbine in itself is of no primary
concern. If the turbine slze limits nacelle frontal area, it would prob-~
ably be advisable to select a design point on the turbine chart &t re-
duced compressor pressure ratio and possibly increased turblne stress to
exploit more fully the potentialitles of the compressor. The decrease
in nacelle frontal area will result in lower nacelle drsg, which might
well offset the Ilncrease in specific fuel consumption occasloned by
further deviating from the compressor pressure ratio for minimum specific
fuel consumption.

Critical Comment
Tt can be concluded from the preceding discussion that the region

of primary interest on the turbine charts 1s generally confined to that
to the left of the pesks of the turbine blade centrifugel-siress curves.
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RESULTS AND DISCUSSION

In the following discussion, the primary parameters counsidered
in ascertaining engine design limitations are compressor-inlet relastive
Msch number, turbine Mach numbers, and turbine blade centrifugal stress. |,
Parameter e, it will be seen, is of great utility in determining these
limitations. Parameter e has the following signlficance: Use of g
high value of parameter e for a specifled compressor pressure ratio
and engline temperature ratio results in a high value of turbine-limited
specific weight flow for turbines of given aerodynemic limits; this
high turbine weight-flow capacity 1s obtained, however, at the expense
of increased compressor-inlet relative Mach number and increased tur-
Pbine blade centrifugael stress. Or, alternatively, for a given turbine-
limited specific weight flow, use of a high value of pesrameter e
permits relexing the turbine aerodynamic limits, & procedure that may
be accompanied by improvement in turbine efficiency. Throughout this
discussion, it will be assumed for simplicity that parameter e is the
same for compressor and turbine.

For a compressor of tThe cless used in the J35 and J47 turbojet
engines, the value of paramefter e is about 23 million Ib/sec3. Pig-
ure 3(a) shows that this value of parameter e is obtainsble with =
compressor-inlet reletive Mach number as low as 0.893. Current lsborstory
compressor design techniques permit designing for compressor-inlet rela-
tive Mach numbers of 1.2 with confidence. Figure 2(a) shows that the
meximum value of parameter e &at this 1.2 compressor-inlet relative
Mach number is 44 million lb/sec3. It is revealed by any of the turbine
charts that such an increase in parameter e (from 23 to 44 million
Ib/sec3) is accompanied by an increase 1n turbine-limited specific weight
flow for a given compressor pressure ratio.

Sea-Level Static Designs

Turbine-inlet temperature of 2075° R. - In the region to the left
in figure 4(a) are considered high-output one-stage turbines designed
for static sea-level operstion, or for flight at 1.28 Mach number in the
stratosphere, at an engine tempersture ratio of 4.0. Characteristics of
conservative two-stage turbines designed for the same flight conditions
are presented in the area to the right on this chart. Point 1 repre-
sents the J35-J47 class of turbine.

If the stress level of & noncooled one-stage turbine can be raised
to the current limit of 30,000 pounds per square inch and parsmeter e
to a value of 44 million 1b/sec3 (obtainable with a compressor-inlet
relative Mach number of 1.2, compressor equivalent blade tip speed of
1153 ft/sec end compressor-inlet hub-tip radius retio of 0.4), a turbine-
limited specific weight flow of about 25 1b/(sec)(sq £t) can be achieved
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(point 2). TFigure 2(a) shows that the compressor blade centrifugal
stress is 42,000 pounds per square Inch at the equivalent blade tip
speed of 1153 feet per second. For a given value of parameter e, it
1s revealed on any of the turbine charts that higher values of com-
pressor pressure ratio and lower vealues of turbine blade centrifugel
stress (for designs to the left of the stress-curve peaks) are obtain-
gble if the turbine-limited specific welght flow is decreased and the
turbine hub-tip radius ratio is increased. If, by turbine-cooling,

the 1limit on turbine blade centrifugal stress could be raised to 50,000
pounds per square Ilnch, turbine aerodynsmics would permit designing for
a compressor pressure ratio of 7.25 and a turbine-~limited specific
weight flow of 32 1b/(sec)(sq ft) (point 3, fig. 4(a)}. At this point
on the turbine chart, however, parameter e reaches 77 million lb/secs,
a value which figure 2 indicates is currently beyond the range of
efficlent compressor design. Therefore, for Qﬁe-stage turbines designed
for the statlc sea-level condltion, the principal constraints are com-
pressor and fturbine serodynamics. This conclusion stems from the
observation that compressor-inlet relative Mach number becomes limiting
at turbine blade centrifugal-stress levels of 30,000 pounds per square
inch at a compressor pressure ratio of £.25 in figure 4(a) (point 2).

The ares to the right in figure 4(a) discloses that, without
exceeding either the 44 million 1b/secd limit on parameter e or the -
30,000~-psl limit on turbine blade centrifugal stress, a conservatilve
two-stage turbine can produce a turblne-limited specific welght flow
of 33 1b/(sec)(sq ft) at a compressor pressure ratio of 7.25 (point 4).
At a compressor pressure ratio of 12.0, a conservative two-gtage turbine
has a turbine-limited specific-welght-flow capacity of about 32
1b/(sec)(sq ft) at the 44 million 1b/secd limit on parameter e (point
5), 1f the turbine blade centrifugal stress is raised to 33,000 pounds
per square Inch. Since the two-stage turbines considered in figure 4(a)
are conservative with respect to turbine serodynemics, this particular
chart dilscloses that, for sea-level static designs employlng two-stage
turbines, compressor serodynemics is the most stringent comstraint. For
the sea-level statlc design condition, serodynamically conservative two-
stage turbines with moderate turbine blade centrifugal stress possess
the high welght-flow and work capacities required.

The values of compresgor pressure ratio listed in table IL are for
minimum specific fuel consumption of afterburning engines and are proba-
bly not sultgble for use with low flight Mach number engine designs
such es are considered in figure 4(a). The compressor pressure ratlos
for minimum specific fuel consumptlion of nonafterburning enginee are
consldersebly grester than those for afterburning engines; that is,
greater than the value of 11.8 given 1n table II for an engine temper-
ature ratio of 4.0. Use of compressor pressure ratios of 12 or greater
in one-spool engines is probably limited primarily by compressor
surging during engine off-design operation.
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Critical comment. ~ Compressor aerodynamics is the most serious
problem for engines designed for the sea-level statlc condition. In
order to achieve accepteble welght-flow capacity without exceeding
current turbine stress l1imits, a one-stage turbine must be critical in
design. Conservative two-stage turbines have adequate weight-flow and
work capacities. Turbine blade centrifugel stress is not a limiting
factor In these engine designs. The compressor pressure ratio obtain-
gble from a high-output one-stage turbine is considerably lower than
that for minimum specific fuel consumption of afterburning engines.

Mach 2.0 Designs in Stratosphere

Turbine-inlet temperature of 2106° R. - In the section GENERAL
CONSIDERATIONS IN ENGINE DESIGHN, it was observed that afterburning
engines will generally be designed for compressor pressure ratios no
greater than and frequently less thaen that which provides minimm spe-
cific fuel consumption. For an engine temperature rstioc of 3.0
(2106° R turbine-inlet temp.)}, for which the chart in figure 4(b) is
constructed, a compressor pressure retio of 5.0 is therefore in a
reasoneble range. Point 6 is located at this compressor pressure ratio
end at the 44 million 1b/sec3 limit on parsmeter e. Point 6 lies in
the range of one-stage turbines, and the turbine blade centrifugsal stress
et this point is 50,000 pounds per square inch. The turbine-limited
specific weight Fflow for the design of point 6 is 24.3 1b/(sec)(sq £t).

Point 7 simulbtaneously locates feasible one- and two-stage turbine
designs at the same compressor pressure ratio as point 6, but at =a
turbine blade centrifugal stress reduced to 30,000 pounds per sgquare
inch. The one-stage turbine has a welght-flow capacity of 18.5 Ib/(sec)
(sq £t), the reduction in stress resulting in a 24-percent decrease in
weight-flow capacity. The high-output two-stage turbine of point 7 has
a weilght-flow capacity of 34 1b/(sec)(sq £t); whereas, a comnservative
two-stage design (not shown) for the same pressure ratic and stress has
a welght-flow capacity of 25 1b/(sec)(sq £t). For the design conditions
of figure 4(b), a conservative two-stage turbine can outperform a high-
output one-stage turbine and can do so with a 40-percent reduction in
turbine stress. Since parameter e at point 7 is well below the 44
million Ib/sec3 l1imit, for the conditions of this chart compressor
aerodynamics 1s not limiting for the current turbine stress limit of
30,000 pounds per square inch. The lowest value of turbine stress for
which parameter e has the compressor-limited value of 44 million
1b/sec3 is 49,000 psi.

Turbine-inlet tempersture of 2457° R. - Figures 4(c) and (4) differ
only in their two-stage designs; the former presents high-output two-
stage desligns, and the latter, conservative. The one-stage designs of
these two charts are ldenticsl.
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In figure 4(c) at a compressor pressure ratio of 5.0 and turbine
blade centrifugal stress of 30,000 pounds per square inch (point 8), a
high-~output one-stage turbine hae a welght-flow capacity of gbout 20
1b/(sec)(sq £t). A high-output two-stage turbine designed for point 8
has a weight-flow capaclty of about 37 Ib/(sec)(sq ft). Thus, at a
flight Mach number of 2.0 in the stratosphere for both high-output one-
stage and two-stage turbines, an Ilncrease in turbine-inlet temperature
from 2106° to 2457° R can produce an 8-percent increase in turbine-
limlited specific weight flow. The hub-tlp radlus ratios of points 7
and 8 are essentially the same for the one-stage turbines; this is alsc
true for the two two-stage turbine desligns compared.

Alternatively, figure 4(c) shows that, at the value of 18.5 1b/(sec)
(sq ft) for turbine-limited specific weight flow and 30,000 pounds per
square inch for turbine stress that are located at point 7, the 351° R
increase in turbine-inlet temperature can raise the compressor pressure
ratio obtainable from a high-cutput one~stage turbine from 5.0 to sbout
7.0. Also in figure 4(c), point 9 shows that a high-output two-~stage
turbine has a weilght~flow capacity of 36 1b/(sec)(sq ft) at a compres-
sor pressure ratio of 7.2 and turbine blade centrifugal stress of 30,000
pounds per square inch. Both points 8 and 9 lie well below the 44
million 1b/sec3 limit on parameter e. In fact, for the conditions of
thils chart, the least value of turbine stress at which parameter e
becomes limiting is &bout 42,000 pounds per square inch.

Figure 4(d) is presented to show the effect of lowering the Mach
munber limit of a two-stage turbine at the same flight conditions and
turbine-inlet temperature as used in the construction of figure 4(c).
At point 10 the compressor pressure ratlio and turbine blade centrifugal
stress are the seme as for point 9. The turbine-limited specific
welght flow at point 10 is sbout 26 ib/(sec)(sq ft), a 28-percent de-
crease in welght-flow capacity. Figures 4(c) and (d) show that this
decrease in turbine-limited specific weight flow is accompanied by an
lncrease in hub-tip radius ratio from 0.57 to 0.62.

Turbine-inlet temperature of 2808° R. - The chart of figure 4(e)
differs from that of figure 4(a) only in the stress curves; lower values
of turbine-limited specific weight flow are shown, and compressor pressure
retio 1s not extended beyond 10.0. For the conditions of this chart, a
compressor presgure ratlo even as low as one-half the value for minimum
gpecific fuel consumption (see table II), in combination with a high-
output one-stage turbine with 0.8 Mach number limits, requires either
turbine stress higher than the current limit of 30,000 psl or weight-flow
capacity less than 22 1b/(sec)(sq ft). This difficulty is easily elim-
inated by two-stage turbines of conservative design. Point 11 shows
that a conservative two-stage turbine can produce a compressor pressure
ratio of 10.0 and a turbine-limited specific welght flow of 27.5
1b/(sec)(sq ft) at 30,000-psi turbine blade centrifugal stress.
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Point 12, which corresponds to the compressor pressure ratio and
turbine stress of the conservative turbine of polnt 10, shows that an
increase in turbine-inlet temperature from a value of 2457° to 2808° R
is accompanied by a lZ2-percent increase in weight-flow capacity of a
conservative two-stage turbine. The hub-tip radius ratios of points 10
and 12 are the same. Despite this 351° R increase in turbine-inlet
temperature of point 12 over point 9, the conservative two-stage design
of point 12 has 18-percent-lower weight-flow cepecity than the high-
output two-stage design of point 9. The limiting value of 44 milliion
lb/sec3 for parameter e 1is obtalned with turbine stresses greater than
37,000 psi, even for high-~-output turbines.

Critical comment. - For Mach 2.0 engine designs in the stratosphere,
compreesor aerodynamics does not become a limiting factor until the
turbine blade centrifugal stress reaches from 37,000 to 49,000 pounds
per square inch, depending on the turbine-inlet temperature. For this
flight condition, one-stage turbines mist be critical in aerodynamic
design. Conservative two-stage turbines have adequate weight-flow and
work cepacities at current turbine blade centrifugal-stress limits. A
conservative two-stage turbine can outperform a high-output one-stage
turbine at this flight condition and can do so at a considerably lower
turbine stress. Increasing the turbine Mach number limit of a two-stage
turbine from 0.6 to 0.8 and meintaining the same turbine-inlet temper-
ature produces more than three times the increase in weight-flow capacity
that is obteined by increasing the turbine-inlet temperature by 351° 4o
2808° R and maintaining the 0.6 Mach number limit. Turbine blade cen-
trifugel stress commences to impose limitatlions at this flight condition.
The compressor pressure ratios obtainable from high-output one-stage
turbines at this flight condition are considersbly less than those for
minimum specific fuel consumption.

Mach 2.8 Designs in Stratosphere

All the Mach 2.8 turbine charts (figs. 4(f) to (i)) show that
compressor aerodynamics is no limitation even when the turbine blade
centrifugal stress 1s as high as 60,000 pounds per square inch, because
parameter e remains well below 44 millijon lb/sec3. This observeation
is in contrast to that of the Mach 2.0 designs, for figures 4(b) to (e)
have shown that paremeter e reaches a limit of 44 million lb/secd at
turbine blade centrifugal stresses between 37,000 and 49,000 pounds per
square inch.

Turbine-inlet tempersture of 2003° R. - Because-the compressor
pressure ratio for minimum specific fuel consumption is so low (2.13)
for the 2003° R turbine-inlet tempersture and filight Mach number of 2.8,
only a small region of this chart (fig. 4(f)) is worthy of comnsideration.
This region of interest, furthermore, is confined to one-stage designs.
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Point 13 locates one of the few designs feasible for the con-
ditions specified for.this chart. It shows that a high-output one-
stage turbine can produce a turblne-limited specific welght flow of
21 1b/(sec)(sq ft) and a compressor pressure ratio of 2.0 at a 30,000-
pel turbine blade centrifugal stress. The turbine-inlet temperature
of 2003° R is sufficiently low that such a turbine would not require
blade cooling.

Turbine-inlet temperature of 2504° R. - The 501° R increase in
turbine-inlet temperature from figure 4(f) to 4(g) not only extends the
region of feasible one-stage turbine designs, but also admits two-stage
designs into consideration. Point 14 is & possible high-output one-
stage design within a 30,000~psi stress 1limit, but the weight-flow
capacity of 18 lb/(sec)(sq ft) is rather low. The high-output two-
stage turbine design designated by point 15 has & turbine-limited spe-
cific weight flow of 30 1b/(sec)(sq ft) at the 30,000-psi stress level
end at a compressor pressure ratlic only slightly lower than that for
minimus specific fuel consumption. -

Turbine-inlet temperature of 3004° R. - At the engine temperature
ratio of 3.0, & compressor pressure ratio of 5.5 ylelds minimum spe-
cific fuel consumption (figs. 4(h) and (i)). For high-output one-stage
turbines having 30,000-psi stress, the turbine-limited specific weight

flow is so low at this coumpressor pressure ratic that a value consider-

ably less than 5.5 should be selected in the interest of keeping tur-
bine size from becoming excessively large. If the compressor pressure
ratio is therefore reduced to 3.0, point 16 (fig. 4(h)) shows a turbine
design that can produce a turbine-limited specific weight flow of about
18.0 1b/(sec)(sq ft) at 30,000-psi turbine blade centrifugal stress.

An alternstive is to raise the turbine stress to, for example,
60,000 pounds per square inch and reduce compressor pressure ratio to
4.0 rather than 3.0. Polnt 17, designating such a turblne design in
figure 4(h), shows that a turbine-limited specific weight flow of
24 1b/(sec)(sq £t) can be produced. :

A high-output ivwo-stage turbine, however, can drive a compressor
having & pressure ratio of 5.0 with a turbine-Ilimited specific weight ~
flow of 29.5 1b/(sec)(sq ft) at & 30,000-psl blade centrifugel stress
(point 18). This welght-flow capacity is sufficlently high to make
turbine frontal area unimportent in terms of its effect on nacelle drag.
For this reason, the reduced turbine-limited specific welght flow
cbtainable from a conservative two-stage turbine might be accepted to
present the possiblliity of increased turbine efficiency that might be

realized by reason of the more conservative design.

The turbine-exit axlal velocity, however, imposes a restriction on
the flow capacity of a machine. This fact is illustrated by figure 5
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(a plot of eq. (E2)), in which turbine-limited specific weight flow is
plotted against compressor pressure ratio for itwo values of (Vx/aér)7°

In this figure the engine temperature ratio is 3.0, and turbine hub-tip
radius ratio is 0.5. A risge in weighit-flow capacity associated with a
value of (Vx/ac‘:r)7 of 0.7 1s gbout 25 percent sabove that for a wvalue

of 0.5. The curves in figure 5 are independent of the number of tur-
bine stages and show that, for the given engine temperature ratio and
a specified flight Mach number, weight-flow capecity comparable with
that obtaineble in compressor design can be achieved in turblne design

only at high values of (Vx_aér)7. The weight-flow capacity of a given

machine cannot have & value gbove the curves of figure 5 for the same
hub-tip radius ratio.

To return to conslderation of using a conservative two-stage tur-
bine at point 18, figure 5 shows that, at a compressor pressure ratio
of 5.0, a machine with 0.5 exlt axlal-velocity ratioc can produce no
more then 27.1 1b/(sec)(sq ft). Furthermore, this value of 27.1 is
obtainable only if the turbine hub-tip radius ratio is as low as 0.5.
Data from figure 2(a) of reference 3 indicate that a conservative two-
stage turbine can produce a compressor pressure ratic of 5.0 and 2
turbine-limited specific weight flow of 21.5 1b/(sec)(sq £t) at the
30,000~-psi turbine stress level. The benefits possible in a two-stage
turbine by utilizing the more conservative aerodynamic limits can be
achieved at the expense of a 27-percent decrease in weight-flow
capacity.

The value of paresmeter e &at point 18 (fig. 4(h)) is only 18.5
million Ib/sec3. Figures 3(a) and (c) show that a compressor matched
with this turbine can be conservative in aerodynamic design, having an
inlet relative Mach number as low as 0.86 and an equivalent blade tip
speed of 810 feet per second. Such a conservative compressor should
have capacity for operation at equivalent blade speeds considerably
greater than the value during high Msch mumber flight.

A cursory analysis indicates that two-stage turbines may not be
well suited for turbine stator adjustment in off-design operation
because of the occurrence of unacceptebly high incidence angles for the
first row of turbine rotor blades. This combination of conservative
compressor operation at the high flight Mach number and the lack of
range of efficlent two-stage turbine operation with turbine stator
adjustment suggests that such an engine may be sultable for operation
with constant engine geometry (see ref. 5). For example, a compressor
designed for 2.8 flight Mach nmumber would require 39-percent eguivalent
overspeed capacity at take-off; in the particular case cited, the tske-
off compressor equivalent blade t1ip speed would be 1125 feet per second
at a compressor blade centrifugel stress of 40,000 pounds per square
inch (fig. 2(a)).
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Figure 4(i) is presented in order that, by comparison with the .
one-stage turbines of figure 4(h), the merits of ralsing the turbine
rotor~inlet relative Mach number limit from 0.8 t6 1.0 can be
ascertalned.

For this purpose, point 19 was selected at the same compressor
pressure ratio (3.0) and turbine stress (30,000 psi) as point 16.
Point 19 shows that the increase in turbine Mach number limit permits
the turbine-limited specific weilght flow to increase from 18 to 19.5
1b/(sec)(sq ft). This 8-percent increase in flow is achieved solely ~
by the increase in turbine-inlet relative Mach number Iimit, because
both figures 4(h) and (i) were prepared for a value of 0.7 for (Vx/aér)
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and the hub~tlp radius ratios are the same. It should be furither recog-
nized that this 8-percent increase in flow is possible only if the tur-
bine efflciency does not decrease as the relative Mach number of the gas
entering the turbine rotor increases.

Critical comment. - Compressor serodynamics imposes no limitations
for engine designs at the Mach 2.8 stratosphere fiight condition. One-
stage turbines must be critical in aerodynamic design; such high-output
one-stage turbines have high welght-flow capacity only at turbine blade
centrifugal-stress levels of the order of 50,000 to 80,000 pounds per
square Inch. High turbine-limited specific weight flows are obtainable
at 30,000 pounds per square inch turbine stress from high-ocutput two-
stage turbines; conservative aerodynamic limits on two-stage turbine .
designs reduce the welght-flow capacity by 27 percent. This latter
comblination yields high turbine efficieuncy and high turbine weight.

High-output two-stage turbines have sufficient work and weight- -
flow capacities at such low equivalent blede tip speeds that compressor o
operation can be very conservative at the high flight Mach number design
point. Such e compressor may have great latitude in compressor equiv-
alent overspeed, a desirable off-design characteristic. An increase
in turbine~-inlet relative Mach number limit from 0.8 to 1.0 yields an
8-percent increase in turbine-limited specific weight flow under the
assumption that turbine efficlency remains constant.

CONCLUSICNS

From a design-point analysis relating_engine and compressor and
turbine design parameters of one-spool turbojet engines, the following
conclusione are drawn:

1. Compressor aerodynemics currently imposes a severe limitation .

on static sea-level engine designs, but does not become limiting for
Mech 2.0 deslgns in the stratosphere until turbine blade centrifugal



qleg

NACA RM E54F2la GO . 21

stresses become 37,000 to 49,000 pounds per square inch, depending upon
the turbine-inlet temperature. PFor design-point operation of turbojet
engines &t 2.8 flight Mach number, compressor aerodynamics 1s not

limiting-

2. Turbine aerodynamies 1s critical for one-stage turbines of
engines designed for static sea-level operation as well as for operation
at f£light Mach numbers of 2.0 and 2.8 in the stratosphere. Conservative
two-stage turbines have adequate welght-flow and work capacities within
the current limit on centrifugal stress.of 30,000 pounds per square inch
for both sea-level statlic operation and Mach 2.0 flight in the strato-
sphere. The benefits obtaineble from using conservetive aerodynamic
limits in two-stage turbines for Mech 2.8 flight in the stratosphere
are at the expense of a 27-percent decrease in weight-flow cspacity.

3. In the stratosphere for both one- and two-stage turbines,
turbine blade centrifugal stress becomes a limiting Ffactor for Mach 2.0
engine designs and is a primary constraint for Mach 2.8 engine designs.

4. During static operastion at sea level, conservative two-stage
turbines are capeble of driving compressors of high pressure ratioc and
high equivalent -specific alr flow without exceeding either limits on
compressor gerodynamics or a centrifugsl stress in the turbine rotor
blades of 30,000 pounds per squere inch.

5. For englnes designed either for static operation at sea level
or for a flight Mach number of 2.0 in {the siratosphere, the compressor
pressure retios that can be produced by one-stage turbines limited by
0.8 turbine-inlet relative Mach number are considerably less than that
for minimum specific fuel consumption of afterburning engines if turbine
stress i1s not to become excessive nor weight-flow capacity too low.

6. For flight Mach numbers of 2.8 and higher, two-stage turbines
appear capable of driving compressors of sultable compressor pressure
ratio at such low equivalent blade tip speeds that the compressor
operation can be very conservative during the high flight Mach number
operation. BSuch a conservative compressor might well possess the
capacity for operstion at equivalent blade t1ip speeds higher than the
value during high Mach number flight, a useful characteristic for
providing good low flight Mach number operation.

7. Gains in turbine-limited specific weight flow of the order of
8 percent asre possible in one-stage turbines designed for 2.8 flight
Mach pumber, if the limit on turbine rotor-inlet relative Mach number
is increased from 0.8 to 1.0, provided that turbine efficiency does not
deteriorate in the process.

Lewis Flight Propulsion Laborsatory
Netional Advisory Committee for Aeronautics
Cleveland, Ohio, June 30, 1954
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APPENDIX A

SYMBOLS
The following symbols are used in this report:
.annular area, sg ft

afterburner frontal area, sq ft

3275

compressor frontal area, sq ft

turbine frontal area, sq ft

sonic velocity, A/Y&RT or A/kgRT, ft/sec

critical velocity relative o stator,z\ﬁééf gRT?, ft/sec . .

fraction of weight flow bled from compressor

exhaust-nozzle velocity coefficient

2
wlU
parameter used in relating compressors and turbines, t

‘1b/sec3 Atsi\/ai,
fuel-air ratio, 1b fuel/lb air
gravitational constent, 32.2 ft/sec®
specific enthalpy, Btu/lb
mechanical equivalent of heat, 778.2_ft71b/Btu
ratio of specific heats for hot gas, 4/3-
Mach number relstive to rotating blades
absolute pressure, 1b/sq £t -
gas constant, 53.4 f£t-1b/(1b)(°R)

radius, ft
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=3

specific entropy, Btu/(1b)(°R)

sfc  specific fuel consumption, 1b fuel/(1b thrust)(br)
T temperature, °R

U blade velocity, ft/sec

v absolute‘velocity of gas, ft/sec

v square of compressor-Iinlet Mach number, (V/a)2

W relative velocity of gas, ft/sec

W weight flow, 1b/sec

T density of blade metal, 1b/cu ft

'e ratio of specific heats for air, 1.40

e} ratio of pressure to NACA standard sea-level pressure, p/leG.ZlG

(ref. 8)

~1 adiabatic efficlency

e ratio of temperature to NACA standard sea-level temperature,

7/518.688 (ref. 8) .

p density of gas, lb/cu ft
-c blade centrifugel strees at hub radius, psil

¥ stress-correction factor for tapered blades

w angulsr veiocity, radians/sec

Subscripts:

C compressor

h hub

m mean

max meximized

s isentropic

T turbine
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t tip

u tangential compounent

b 4 axial component

(0] free stream

1 compressor inlet

a compressor exit

3 turbine inlet

4 exit -from first turbine stator
5 exit from first turbine rotor

6 exit from second turbine stator
7 turbine exit

8 afterburner inlet

8 safterburner exit

10 exheust-nozzle exit
Superscripts:

t

stagnetion state relative to stator

NACA RM E54F2la
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APPENDIX B

ASSUMPTIONS AND CONSTANTS

Assumptions
The following assumptions were used in the turbine portion of the
- analysis:
N
o (1) Simplified radial equilibrium
(2) Free-vortex velocity distribution
(3) At the mean radius, (oV,) A equal to integrated value of
m
welght flow over blade height:
w = (pV Ay = (pV.
8 w = (gV = (pV A
(p x)s,m AG (p x).?,m 7
(4) No radial variation in stagnation state relative to stator
- (5) Hub and mean radii constant in value from entrance to exit of
each rotor blade row
The following turbine design parameters are postulated to limit
the aerodynemic design of the turbines analyzed herein:
(a) Exit critical axiale-velocity ratio (Vk/aér)7 (see table I)
(b) Mach number at hub radius and entrance of blade row
(see table I)
(c) Zero change in magnitude of relative velocity across
rotor at hub radius (applies to one-stage turbines
and second stage of two-stege turbines)
(d) 120° Rotor turning angle at hub radius {applies only to
first stage of two-stage turbines)
(e) Tangential component of velocity at turbine exit (see
. following list of constants)’
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Constants
The constants used in the snalysis are as follows:

Compressor adlabatic efficiency, Mo o v o 0 oo v v s
Combustor stagnation pressure ratio, pé/pé e s 6 e o o .

Exit-to-inlet ennular srea ratio for one-stage
turbines, A7/A6 T T T T
Exlt-to-1inlet isentropic annular area ratio for each
stage of two-stage turbines, (A7/A6)5’ (A5/A4)s .
Density of compressor and turbine blade metals, )
T T L
Stress-correction factor for tapered blades, ¥, ¥p oo - -

Turbine-exit whirl (fraction of stagnation enthalpy drop of

v&,7,n/287

B -
szl,’f,hfng)

stage enthalpy drop of two-stage turbines —Fg_fjig_—

one-stage turbines or fraction of second-

Turbine adiabaetic efficiency, nT c e 4 e v .

E54F21a
. 0.85
. 0.95
. 1.0
. 1.0
. 500
. 0.7

0.02
. 0.85
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CALCULATION OF PARAMETER e FOR COMPRESSOR

APPENDIX C

a7

For a compressor without inlet guide vanes, the rotor-inlet rela-
tive Mach pumber at the tip is

.

from which

ay

Compressor equlvalent blade tip speed is

Ut,c _ U,c-

V3

which, with equation (C2), is

U.
t,C

Vey

By use of the energy equation

equation (C4) become

S

T* r-1
T) 1+ 5=

e - ohi - (2

o A/TeR518.7 q/ T,

= 4/518.7 4/veR \YM§ - (E)i 4J(g;§l

(C1)

(c2)

(c3)

(ce)

(c5)

(ce)
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Equivalent specific air flow is

weNOl 2116 Fr:g_( pV) L. (fg_ 2 (c7)
BBl 518.7 VR \p'a'h Tyl
where
2
v-1
1 Ti
-
P 1
and

(). - €L ),

It was assumed that no radial variation occurred in the flow at the
compressor inlet. Substitution of equations (C5), (C8), and (C8) into
equation (C7) yields for equivalent air flow

_ v)
< 2
WeVOl 2116 ﬁ— (a 1 1 _[™ (c10)
A B! 518.7 +1 r.t
y oLV D :
r-1 [y
1+ L= (=
2 \&/

Parameter e wlth respect to the compressor is the product of
equation (C10) and the square of equation (C8):

WcUt Velk,c (E)l[M?' ) (z)j Th
= A o7 = 2116 4/518.7 V/R(yg)"> : = |- (ﬁ)
]m G

1
z2
[::]_.1.1-:.]_'.(\1)
2 B.l

(c1i1i)
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APPENDIX D
CONDITION AT COMPRESSOR INLET FOR MAXTMIZED PARAMETER e

Differentiation of parameter e (eq. (Cl1l)) with respect to
compressor-inlet Mach mumber (V/a); yields

w U2 | M (¥
d<Acg_[i&/\/Z:i) voU? o )_l (@ i @ (a)l
2

d(§>l ACSZ[’\/_QI . 1 M2 - %r)i
| 2@.fo]
2 a/y 2 a/1

(D1)
The value of (V/a)l can now be found which, for any given compressor-
inlet relative Mach number at the compressor tip M;, results in the
maximum value of parameter e. A value of M; can be arbitrarily
selected, because both M; and (V/a); are independent varisbles in
equation (C2). Then,

2 )
d("’cUtzc )

bo®iN/o1)

©h

aMy

2) -
a/31

and
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Equation (D1) ther becomes

(2.

(

v 2
&/1

- (1

For simplicity, let

Equation (D2) is then

ve - (TM§ + 3)v+M§_ =

= -

Sr-1
2

1+

r-1
2

Solution of the quadratic equation (D3) is

=1 {2 2 2 2
v=zx [ﬁMl + 3 & 1/(er + 3)° - 4Ml]

),

0

NACA RM E54F2la

(p2)

(D3)

(D4)

Examination of equation (D4) shows that, if the positive root is taken,
imaginary values of Ui,c/al will be obtained from equation (C2).

Thus,

(g‘-)l - \/g[mﬁ +3 - A + 5)% - 4"‘5] (D5)

for meximized parameter e.
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APPENDIX E

CALCULATION OF PARAMETER e FOR TURBINE

The centrifugal stress at the turbine rotor blade hub radius can
be expressed as

GLae

U8 b T, \2
Ut , TV h
%p = ~2g(1if) [1 - (rt)ml (E1)

by equetion (8) of reference 4. From the continuity relation, the
turbine-limited specific welght flow is

viVel 2116 2kg (DV ) N (r_h_)z;E h

=5 (E2)
1
Apd] Bis.7 V(SFLR \e'ag./) '\/FTT—' }
Substitution of equation (El) into (B2) yields parameter e:
w6 1( _ 2116 B ( < o ) py/pi
) A0 \wEy/  yEIET kLR \p'a 1p¥n/ o7y
(E3)
The ratio T}/T{ is expressible as
T4 B Té T% (54)
Fr T Tr TL
1 13
and p%/pi as
b by Pz P
SREE =
1 3 2 71 '

The turbine

stagnatlion temperature ratio is calculated from the work
equation:

wT(h:,) - h;) = wc(hé - h:'L) (E6)
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Neglectiing fuel-alr ratioc and compressor bleed this gives

T-1

k R fy .M\, r RM Eé_)r 1
KT T 15 Ty/ v-1J ng |\PL

from which the turbine stagnation temperature ratio is

r-1

P T
T <5"é'> -1
N 1 - X k-1 \F1
Té -1 k Té

T]c'rfi—

Also, from equation (E8),
k-1 I-l
p! k T pl T
K By b (1L - X R f72 -1
T T 7 TS oy SYIT e |\PT

K
T-1 k-1
B o T
! pr, B
7 _ |, . x_x1l2 .
L 1% Ty
Mgl Fr
| 1]

NACA RM ES54FZla
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Combination of equations (E3) to (E8) ylelds
U 3 i op
veUt, T _ _ 2116 o0 4/ 2ke px) T
- Tt 1
ABINET  A[51B.7 ERLR \e'8er/y o CilTVe
\ K
P2
'I)—f - l Pf Pi
1 .. k1M1 2.3
e 1 1 1
-1 k . Eé. Pl Pz
el TT
» . (B9}
— 1 T2
&)
— -1 =
L. .x k1M1 3
r-1 k TL ﬂ
Tl —
¢T3
REFERENCES

1. Klepproth, John F.: General Considerations of Mach Number Effects

on Compressor-Blade Design. NACA RM E53L23a, 1954.

2. Caviechi, Richard H., =snd English, Robert E.: A Rapid Method for Use
in Design of Turbines withln Specified Aerodynamic Limits. NACA

TN 2305, 1853.

3. English, Robert E., and Cavicchi, Richard H.: Possible Range of De-
sign of One-Spool Turbojet Engines within Specified Turbine-Design

Limits. Preprint No. 53-5-33, A.S.M.E., 1953.

4, LaValle, Vincent L., and Huppert, Merle C.: Effects of Several De-
sign Variables on Turbine-Wheel Weight. RACA TN 1814, 1949.

5. English, Robert E., and Cavicchi, Richard H.: Analysls of Off-Design
Operation of High Mach Number Supersontc Turbojet Engines. NACA

EM ES3J01, 18954.

6. International Civil Avistion Organization and Langley Aercnautical
Laboratory: Manual of the ICAO Standard Atmosphere - Calculations

by the NACA. NACA TN 3182, 1954.
Rep. 218.)

(Supersedes and extends NACA



TABLE I. - ENGINE PARAMETERS AND TURBINE AERCDYNAMIC PARAMETERS PRESENTED YN TURBINE CHARTS w

Chart, | My Altitude Té Té, One-atage turbines Two-stage turbines

fig. 4 P
g T a0, [0 0 .

a Gzh a'l!.‘-I' 7 p’anl:r 7,1]1 a 4,1’1 a 6,11 a'!‘.l.'!:[‘ 7 p'acl! 7,1!1

(a) |0O Sea level 4.0({2075} £0.8| 0.7 | 0.562 0.6 |[£0.6 | 0.5 | 0.448
() [1-28 | : /l 4.0{2075| <.8 .7 .562 6 | .86 .5 448
(v) 2.0 3.0(2108] <.8 .7 .562 .8 | £.8 W7 .562
(e¢) [2.0 3.5|2457| <.8 7 .562 .8 | <.8 7 .562
(a) |2.0 3.5|2457| <8 .7 .562 .6 | <.6 .5 448
(e} |2.0 >Stratosphere? 4.0|2808 <8 7 .562 .6 | X.8 .5 .448
(£) |2.8 2.0|2003| <.8 .7 .562 .8 | 2.8 .7 .562
(g) |2.8 2.5(2504) <.8| .7 .562 .8 | <.8 7 562
(h) |2.8 3.0|3004| =8 .7 .562 .8 | =.8 T .562
(1) |2.8 |) \| 3.0(3004] < 1.0| .7 .562 '

TABLE TII. - TABULATICK OF COMPRESSOR PRESSURE RATIO
WITH ENGINE TEMFERATURE RATIO FOR MINIMUM SPECIFIC

FUEL CONSUMPTTON OF AFTERBURNING ENGINES

Engine temp.|Compressor pressure ratio Pé/Pi for

rat;.'?, 1 minimum sfc, constant afterburner-exit
3/ 1l temperature '§

o

2.0 2.1
2.5 3.5 2
3" O 5 . 5 ".:;E
3.5 7.9 3
4'0 ll- 6 E

' ' . sLeg . :
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Figure 1. - Cross sectlon of turbojet englne showlng location of mumerleal stations.
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Fgure 2. - Concluded. Compressor charts.
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Figure 3. - Continued. Compressor cherts for meaximized parsmeter e.
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Mach number with compressor rotor-inlet relatlve Mach mumber.

Figure 3. - Concluded, Compresscr charts for meximired parameter e,
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